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Streams Composed Mainly of Boundary Layers

J. W. CxossEN* anD R. L. O’Briext
United Aircraft Corporation, East Hartford, Conn.

The diffusion characteristics of a supersonic stream composed primarily of boundary-layer
flow were investigated using an annular supersonic wind tunnel discharging into an annular
diffusion system representative of the surfaces near the throat region of an axisymmetrie
hypersonic inlet. Tests were conducted over a range of freestream Mach numbers of 2 to 5.
At each test Mach number, the boundary layer approaching the diffuser was varied by chang-
ing the length of the constant area section upstream of the models. Data for diffusion system
pressure recovery, static pressure distributions, and velocity profiles were obtained at each
test Mach number for a range of area contraction ratios, convergence angles, and Reynolds
numbers. An analytical method for predicting the performance of the supersonic boundary-
layer diffusion system was developed on the basis of an experimental correlation of the mini-
mum throat Mach number with an average flow distortion parameter. Both the analytical
and experimental results indicate that the maximum pressure recovery of a supersonic bound-
ary-layer diffusion system is obtained with a convergent section having a low convergence
angle, between 3° and 6°. This analysis, which was developed for duct flows composed en-
tirely of boundary layers, can also be employed to analyze duct flows having an inviseid core.
The application of this method in calculating the performance of a hypersonic inlet is illus-
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trated by means of examples.

Nomenclature
A = flow area
Cp = drag coefficieni
C; = skin-friction coefficient
CR = contraction ratio, 4:/A4»
D = distortion index, Eq. (1)
f = kinetic stream thrust, pu?
h = annular passage height
K = rate constant, Eq. (11)
L = axial distance from nozzle exit station
l = axial distance
2 = throat length
M = Mach number
M = area average stream-thrust Mach number
m = mass flow function, g[v/®R1V2 M {1 + [(v — 1)/2]M2 )12
i = mass flow function, Pgs/Pr(m)
Pp = pitot pressure
Pr = total pressure recovery
Pg = static pressure
l_’s = average static pressure
Pgs,, = mean static pressure in throat
Pr = stagnation pressure
R = radius measured from model axis to outer wall of annu-
lar passage
Re = Reynolds number
Ren, = Reynolds number based on passage height
® = gas constant for air
S = wefted area
Ts = static temperature
u = velocity
Wr = relative weight flow
z = axial distance from leading edge compression surface
Y = distance normal to surface
B = compression surface angle
v = ratio of specific heats
8 = flow deflection angle
nsub = subsonic diffuser efficiency; see Eq. (17)
0 = boundary-layer momentum thickness
p = density
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¢ = stream-thrust ratio,
1+ yM2

MRy + 1) X AL + [(v ~ 1)/2]M21]
Subscripts
a = conditions in upper portion of step profile
av = average
b = conditions in lower portion of step profile
max = maximum
m = conditions at end of convergent section
n = conditions in nth region in convergent section
0 = conditions at nozzle exit
1 = conditions at beginning of convergent section
2 = conditions at beginning of throat
3 = conditions at end of throat
4 = conditions at end of subsonic diffuser
I = conditions upstream of shock
II = conditions downstream of shock
III = conditions at end of constant-area section
Superscripts
(") = average conditions
(") = ideal conditions

Introduction

ESTS of hypersonic inlets at Mach numbers above
5.0 have shown that the performance is extremely sensi-
tive to variations in the boundary-layer characteristics.l:?
At freestream Mach numbers above approximately 5.0, the
boundary layer on the surfaces of internal compression in-
lets can extend completely across the duct upstream of the
inlet throat, and the cfficiency of the compression of this
boundary-layer flow has a large influence on inlct perform-
ance. Boundary-layer caleulation procedures such as those
presented in Refs. 3 and 4 can be employed to predict the
boundary-layer characteristics upstream of the station
where the boundary layer extends across the duct, and
normal shock and subsonic diffusion losses can be evaluated
from information presented in Ref. 5. However, there is no
known theory and very little data relative to the character-
isties of fully developed pipe-flow boundary layers in a
supersonic compression region.
The object of the present investigation was to obtain
detailed information concerning the diffusion characteristics
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TEST CONDITIONS
Mo Low Reng HiGH Reng
2.2 0.5 x 106 0.49 x 108
3.5 | 0.24 x 108 0.72 X 108
5.0 | 0.4 x 108 0.37 x 108
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Fig. 1 Schematic drawing of boundary-layer diffusion
model.

of supersonic duct flow composed mainly of boundary layer
in order to provide a more rational basis for the design of
hypersonic inlets having internal compression. A summary
of some of the data obtained, a brief description of the
analysis, and examples illustrating the use of this analysis
in caleulating the performance of hypersonic inlets are pre-
sented in Ref. 6.

Experimental Investigation

Description of Models

The geometry of the models tested was selected to simulate
the convergent section just upstream of the throat of an
axisymmetric hypersonic internal or external-plus-internal
compression inlet. The boundary layer upstream of the
diffuser model was allowed to develop in a long constant-
area annular -section into which the flow from the supersonic
nozzle is discharged as shown in Fig. 1. The shape of the
profile entering the diffuser could be varied by adding or re-
moving segments of the annular passage, thereby changing
the length of the constant-area section.

The convergent section of the diffuser, which simulated
the supersonic compression surfaces of an inlet, was created
by sliding a conical compression surface into the aft end of
the annular passage, as shown in Fig. 1. Three models having
conical convergent sections of 5°, 7°, and 10° were tested.
Downstream of the supersonic diffuser a throat section hav-
ing a total divergence angle of approximately 2° was formed
by diverging the outer walls of the tunnel. Such a throat
divergence was found to be necessary in previous tests re-
ported in Ref. 7. The flow then passed through a subsonic
diffuser having a total divergence angle of 7° and was then
dumped into a large-diameter pipe.

Internal Aerodynamics

Tests were conducted at nominal Mach numbers at the
nozzle exit of 2.2, 3.5, and 5.0 with either 5°, 7°, or 10° com-
pression-surface models located in the boundary-layer de-
velopment section. At each Mach number, tests were con-
ducted at two Reynolds numbers with the models located
at three or more stations ranging from 14 to 38 passage
heights downstream from the nozzle exit. For each Mach
number and Reynolds number, one of these stations was
located upstream of pipe flow, one near the beginning of pipe
flow, and one in the region of Well—estabhshed pipe flow.
For each test eondition, data were obtained for a range of
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model contraction ratios. The contraction ratio of the
model is defined as the ratio of the flow area at the start of
the convergent section, 4; to the flow area at the start of
the throat section A,.

Static pressure distributions on both the inner and outer
walls of the convergent and throat sections of the supersonic
diffuser were obtained at freestream Mach numbers 2.2,
3.5, and 5.0 with the compression surface located at the posi-
tion for maximum contraction ratio and with the shock
located as close to the throat as possible, i.e., further throt-
tling would force the shock upstream of the conver‘rent sec-
tion. A typical static pressure distribution measured at a
nominal Mach number of 5.0 (average Mach number of
3.75) is shown in the top portion of Fig. 2. The static pres-
sure distribution shown here was measured on the outer wall
of the tunnel. The theoretical wall static pressure distribu-
tion corresponding to these test conditions is also shown in
this figure. This theoretical distribution was determined
from the inviseid oblique shock relationships using the
average Mach number at the entrance to the convergent sec-
tion and a deflection angle equal to the convergent section
wall angle. Pitot pressure profiles obtained at various sta-
tions in the convergent section are shown in the lower por-
tion of Fig. 2

Wall statlc pressure distributions were measured on both
the inner and outer walls of the flow passages for various
model locations and Mach numbers. These pressure dis-
tributions were in general agreement with the distribution
just discussed. The thcorctical distributions were calcu-
lated for all of the configurations tested. The agreement
between theory and experiment in all cases is comparable
to that shown in Fig. 2. The experimental static pressure
distributions in the thloat section indicated that the throat
was of insufficient length to contain the complete normal
shock static pressure rise. From data in Ref. 8 on the throat
length required to contain the normal shock static pressure
rise in an annular passage and from data in Ref. 5 on the
effect of insufficient throat length on the over-all pressure
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recovery of a supersonic diffuser system, it was estimated
that the loss in pressure recovery due to insufficient throat
length was approximately 1 to 59, of the theoretical pressure
recovery, with the greater losses occurring at the higher
test Mach numbers.

The upstream pitot pressure profiles just presented show
small discontinuities, indicating the shock locations; the
downstream profiles do not show these discontinuities, indi-
cating that the shocks were no longer discreet waves. These
data, which are typical of those obtained at other Mach
numbers and upstream flow conditions, show an increase
in the maximum pitot pressure along the duct because of in-
creased compression and a tendency toward a triangular pro-
file at the end of the convergent section, All of the profile
data were analyzed, and the results were employved in the
theoretical investigation to be described subsequently. The
theoretical inviseid shock pattern in the convergent section
and an estimate of the location of the shocks obtained from
the profile data are also given. The agrecement between the
inviscid wave pattern and the data is very good near the
upstream end of the convergent section.

Pressure Recovery

A summary of the maximum model pressure recoveries
and contraction ratios is presented in Fig. 3 as a function of
the average Mach number at the beginning of the convergent
section. The data for the 5° and 10° models fall along two
different lines, with the 5° models having the higher pressure
recoverics and contraction ratios. The data for the 5°
model, which were obtained with some inviscid-core flow
entering the convergent section (L./h = 22), are slightly
higher than the line faired through data points obtained
with pipe-flow profile (L./h; = 30 and 38). This can be
attributed to the less distorted profile at the beginning of the
convergent section. Also shown in this figure is the pressure
recovery obtained with no area contraction (CE = 1.0)
to indicate the degree of improved performance obtained
with the diffusion model. This curve is significantly lower
than the ideal normal shock recovery and shows the large
losses that would be incurred by terminating the internal
contraction region of an inlet at the station where fully de-
veloped pipe flow is established. For the low Mach number
tests, the maximum pressure recoveries obtained were
slightly less than the ideal normal shock recovery and slightly
greater than the pressure recovery for CR = 1.0, whereas
for the high Mach number tests the maximum pressure re-
coveries are 50 to 1009, greater than the ideal normal shock
pressure recovery and 100 to 3009, greater than the CR =
1.0 value. Thus, for a high Mach number inlet, it is ex-
tremely important to continue supersonic diffusion past the
point where pipe flow is established. Similar data obtained
at lower Reynolds numbers show the same characteristics;
however, lower pressure recoveries and contraction ratios
were obtained.

Theoretical Investigation

The theoretical analysis of the supersonic boundary-layer
diffusion process was formulated to be compatible with the
type of data obtained from the experimental investigation.
Conscquently, an attempt was made to provide a theory
that takes into consideration the limitations imposed by
profile data obtained with a pitot probe in a compression
region having shock waves and a nonuniform static pressure
distribution across the duct.

Although the wall static pressure was measured, the static
pressure profiles across the duet could not be measured ac-
curately with a static pressure probe because of the non-
uniform flow direction and the curvature of the streamlines.
Thus standard boundary-layer calculation procedures, which
would require this nonuniform static pressure profile to be
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estimated, could result in large errors in the standard hound-
ary-layer integral parameters (momentum thickness and dis-
placement thickness), which are sensitive to the shape of the
assumed static pressure profile. Thercfore, the analysis of
the boundary-layer diffusion process was based on a param-
eter that is insensitive to the assumed static pressure and
determined primarily from the pitot pressure profile. Such
a property is exhibited by the kinctic stream thrust f = pu?;
calculations at a Mach number of 3.0 show that a 5097 in-
crease in the assumed static pressure results in only a 2.029,
decrease in kinetic stream thrust for a given value of the
pitot pressure. Hence it is possible to determine the stream-
thrust profile from the experimental pitot pressure profiles
with very little error due to the assumed nonuniform static
pressure profile at that station. The parameters used to
define the flow conditions at a given station were, therefore,
derived from the stream-thrust profile. The average Mach
number used in the analysis M was defined from the area
average of the stream thrust, and the distortion index ) was
defined by the following expression :

D= (f‘l‘f - f:Lv dx4)/(A4 'fft\') (1)

where
Fav = fafdA/A4 = Pgy ]2 2

The experimentally determined values of the distortion
index for profiles obtained in the constant-area boundary-
layer development section are presented on the left-hand side
of Fig. 4 as a function of the average Mach number. The
distortion indices for 4+ and % power law profiles are also shown
in this figure. The data in the fully developed pipe-flow
region are in general agreement, with the distortion index for
a & power profile. Consequently, the value of D for a & power
profile Dy;y was used in the present analysis to represent the
equilibrium value for fully developed pipe flow.

The experimental values of the distortion index for pro-
files obtained at the end of the convergent section or entrance
to the throat section are presented on the right-hand side of
Fig. 4. The data scattered about the faired curve with an
rms deviation of 0.033. There was no significant trend with
Reynolds number, length of constant-area passage, or com-
pression surface geometry. Consequently, this single faired
curve was used to define the maximum distortion that
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could be tolerated prior to flow breakdown in the convergent
section.

The method of analysis used to compute the maximum
contraction ratio of the convergent section consisted of calcu-
lating the variation of the distortion index and average total
pressure with the average Mach number in the convergent
section and terminating the calculation when the value of the
distortion index crossed the empirieally determined maximum
value, as determined by the faired curve in Fig. 4. The total
pressure losses across the normal shock in the throat region
were computed in a manner that included the effects of throat
friction and throat divergence, and the total pressure losses
in the subsonic diffuser were computed by assuming a con-
ventional subsonic diffuser efficiency. A detailed derivation
of the theoretical analysis is presented in the following
paragraphs.

Convergent Section Analysis

In the convergent section, the flow is decelerated by re-
flected oblique shocks and by wall friction. The shock
losses in the convergent section are further complicated by
the existence of a nonuniform flow upstream of the waves
which introduces additional losses due to mixing. A sche-
matic diagram of the idealized flow in the convergent section is
shown in Fig. 5. In the calculation procedure, the idealized
flow is replaced by a pseudo-one-dimensional flow model also
shown in Fig. 5. In this model, the flow properties change
discontinuously across shocks. As shown in the lower por-
tion of this figure, the Mach number is decreased discontinu-
ously across the waves in the convergent section and is further
decreased by wall friction in the constant-area sections. The
distortion index is increased by the shock waves but de-
creased in the constant-area sections between the waves.

Total pressure and distortion index changes across
shock waves

For this model, the flow conditions (average Mach num-
ber, average total pressure, and distortion index upstream of
the shock at station I) are known either from the initial
conditions at the beginning of the convergent section or from
the conditions at the end of the preceding region. The flow
properties downstream of the shock (station II) were com-
puted from relationships developed for the change of a step
profile across the discontinuous static pressure rise created
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by an oblique shock. The step profile was defined to have
the same average stream thrust, average Mach number,
and distortion index as the actual profile. A sketch of the
actual and step profiles employed in this analysis is presented
in Fig. 6. The average stream thrust, average Mach number,
and distortion index are defined as follows for the two profiles:

actual profile step profile
_ Jafdad  f.d. -+ fide

o = TS = e T ®
o _ SJaM2dA _ M2A, + M4,
M = A - A, + A @
AT = FdA (= £ Ae t (ae — S As
b="" = FulAs T Ay ®)

Since the average stream thrust is the area average of the
stream thrust, (fa — fuv) Ao = (fav — fo)ds, for the step
profile, and Eq. (5) reduces to

M2 2
b= [1 - ff']l A4 ©)

Equation (6) therefore relates the Mach number M; and
area ratio 4,/A, of the step profile to the average Mach
number M and distortion index D of the actual profile.

To obtain the flow conditions in the step profile downstream
of the shock wave, each part of the step was passed through
an oblique shock having the same static pressure rise, and
the mass flow in each part of the step was conserved. The
pressure ratio across the wave was determined from oblique
shock relationships for the average upstream Mach number
and a flow deflection angle equal to the duct convergence
angle. The flow conditions downstream of the wave for
each portion of the step were determined from oblique shock
tables for a wave having the same static pressure ratio as
defined previously. It should be noted that, since the mass
flow was conserved in each part of the step, the area ratio
A./As will change across the wave. From the values of the
area ratio and the Mach numbers downstream of the wave,
the distortion index D can be determined from Fq. (6). The
total pressure ratio across the wave may be obtained by ap-
plying the conditions of continuity to the average flow condi-
tions on either side of the wave. This yields

Pry _ mavllé_l _ <@1_>(77Lav> (mb> . (Ao + A
Py Mavyy A1t Mivry My, J1 \Flwe/ 11 (Ao + A)u
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where 7 is a mass flow function of local Mach number and is
tabulated in Ref. 9. If the condition of conservation is ap-
plied now to the flow in the lower portion of the step profile,
the following relation is obtained :

Mox _ <PT11) A Q)

771511 PTI b AbI
Substituting Eq. (8) into Eq. (7) then yields
e () ()2, [ ]
Pry PriJo \ s /1 \Fav/11 L1 + (Ado/A)n
The area ratio (A./4s)1r may be evaluated by applying the
condition of continuity to the flow in each part of the step

individually and noting that the static pressure is constant
across the profile. This leads to the following relationship:

A, Ma 7Fu,> (A,,)
— =l=—) =) | = 10
<Ab)II <mb>1 (ma 1 \4s /1 ( )
where m is another mass flow function tabulated in Ref. 9.
Substituting this result into Eq. (9) yields

PTII _ (PT11> (771,”> <7’7Lb>

Pr; \ Pr . iy I‘ Mav IIX

|: 14+ (A4 ] a1
14 (Ao/Ab)1- (Me/M0)1- () Ma) 11

Calculations of the total pressure and distortion index of a
step profile downstream of a shock wave for given upstream
conditions indicate that the changes in these parameters are
relatively insensitive to the value of the area ratio (4./4)
upstream of the wave. For simplicity, this ratio was assumed
to be equal to 1.0. Tquation (11) is then reduced to

Pry _ <Pm> |: 2(Frav/ ) 1 (Tn/ Trav) 11 ] (12)
Py Pri)o L1+ (ma/m0) 1/ ma) 11

The results of this calculation procedure are presented in
Fig. 7 for shock deflection angles of 5° and 10°. The top
half of this figure shows the variation of the distortion index
downstream of the wave Dir as a function of the average
Mach number 3 and initial distortion index D;. As ex-
pected, a Dy of zero results in a Dy of zero, and a Dy greater
than zero results in Dyy > D;.  The increase in the distortion
index across the waves also becomes larger as the average
Mach number upstream of the wave is decreased. The total
pressure ratios are presented in the lower half of this figure.
The curve for D; equal to zero represents the ideal value for
uniform upstream flow. As the initial distortion is in-
creased, the total pressure losses across the shock increase.

Total pressure and distortion index changes
in constant-area sections

The analysis of the effects of wall friction on the flow in the
constant-arca duct between the waves (see Fig. 5) was
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Fig. 6 Sketch of velocity profiles employed in analysis.
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formulated in terms of incremental changes in the average
properties along this flow channel. From the equations of
continuity, momentum, energy, and state, the following
equation for the change in flow velocity may be derived:

du/u = [=vC;/(1 = 1/M*)]d (x/h) (13)

For most cases, the change in (vC;)/(1 — 1/M?) betwecen
stations II and IIT is small, and this equation may be written
in a more convenient form by replacing the differential
changes in velocity and distance with their corresponding
incremental values. A value of C; of 0.001 (approximately
half the flat-plate value) was used to account for the reduction
in skin friction due to velocity profile distortion. The passage
length Az employed in Eq. (13) was evaluated to provide a
surface area in the one-dimensional model equal to the sur-
face area between shocks, as indicated in Fig. 5. For a thin
annular duct,

Az/h, = $(n/h.) (14)

The change in average Mach number may be evaluated from
the change in velocity given by Eq. (13), and the loss in total
pressure may be evaluated by equating mass flow.

The change in the distortion index in the constant-area duct
was evaluated by the following equation:

dDy—1nn = —K (D — Dyg)d(x/h) (15)

The rate constant K was evaluated by employing liq. (15)
to predict the start of pipe flow in a constant-area duct.
The start of pipe low was taken at the point where D is equal
to the equilibrium value for pipe flow Dy This calcula-
tion was performed for the cases for which data were ob-
tained in this investigation, and comparison of the predicted
and measured values of passage length at the start of pipe
flow established the value of K as approximately 0.04. The
rate constant K would be expected to be a function of both
Mach number and Reynolds number, but, for the range of
flow conditions covered in this investigation, no systematic
variation of K with either Mach or Reynolds numbers could
be observed.

Solution for the entire convergent section

To complete the analysis of the flow in the convergent
section, the section is divided into m regions labeled in ac-
cordance with the number of oblique shock waves. In each
region, the flow is treated by the pseudo-one-dimensional
analysis, consisting of a shock followed by a constant-area
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passage, as described in the preceding paragraphs. The
conditions at the end of each constant-area passage, desig-
nated by I1I, become the initial conditions for each successive
step of the calculation. The total pressure ratio along the
convergent section is the cumulative product of the total
pressure ratio for each region

Py " Py
o~ I 11
PTI n=1 PTl

and the contraction ratio along the convergent section is
given by

CR = Al/Am = (mm/ifh)(PTm/PTl) (16)

Throat Analysis

The total pressure losses in the throat section include the
friction and throat divergence losses. The momentum
equation in the throat region may be written as
PsAs(1 + vMy?) = Ps,ds(1 + vMy» —

exit station entrance station
momentum momentum

Ci(v/2)Ps,M:2S + Ps, (45 — As) (17)

friction force wall force

The ratio of the momentum equation to the continuity
equation across the throat is proportional to the stream-
thrust ratio ¢. Thus,

= Y 1201 4+ v M2\ [
# =0 [2<v + 1)61] ( o > = 0419421+

— lr Py, {45 o
2 - - - 2
'YJLIQ <1 Cf h,) + PSZ <A‘2 1):]/7)’2_ (18)

where, for air,
g Iv/2(y + DE) = 0.41942

For the experimental tests, the throat was found to be of
insufficient length to contain the normal shock, and it was
found that the ratio of the mean static pressure in the throat
to the static pressure at the throat entrance could be as ex-
pressed as

Ps,/Ps; = 1+ 3[(Ps//Ps) — 1] (19)

where Pgs,’ is the ideal static pressure downstream of the nor-
mal shock in the throat. Since Ir/h and As;/A, are deter-
mined by the model geometry, the average Mach number
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Fig. 9 Variation of distortion index with average Mach
number in convergent section.

at the throat exit may be determined. The total pressure
ratio across the throat may then be determined from the
continuity equation in the form

Pr/Pr, = (/M) (As/As) (20)

Subsonic Diffuser Analysis

The losses in the subsonic diffuser were based on a con-
ventional subsonic diffuser efficiency, which may be written
as

Nsub = (P54 - PSS)/[(PTS - PSR) - <P7'4 - PSA)I (21)

Noting that, for low exit Mach number, Pr, = Ps, Eq. (21)
may be rearranged to become

PTa/PTa = 7Nsub + (PS3/PT3)(1 - nSub) (22)

The value of 7. used in the model analysis was 0.75, and the
value used for the hypothetical inlet caleulations was 0.85.

Diffusion System Pressure Recovery

The total pressure recovery of the entire system is the
cumulative product of the pressure ratios across each section
and may be computed as follows:

Py, Py, \{Pr,\[ P

re= = (o)) () @)

The results of a representative calculation are shown in
Fig. 8, which represents the variation of the distortion index
and total pressure recovery with average Mach number for
a complete calculation through the convergent section. The
dashed, saw-tooth curve in the upper half of the figure shows
the detailed path of the calculation of the distortion index.
The distortion index increases and Mach number decreases
across the shocks, whereas the distortion index decreases
and the Mach number decreases in the constant-area pas-
sages. The solid line through the end points of each com-
plete step (shock plus constant-area passage) in the calcula-~
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performance.

tion represents the true path of the distortion index. The
throat Mach number was determined from the intersection
of the true path of the distortion index and the maximum
value of the distortion index. The lower portion of Fig. 8
shows the variation of the average total pressure in the con-
vergent section and the total pressure recovery that would
be realized if the convergent section were terminated at a
station having an average Mach number given by the hori-
zontal ordinate.

Correlation of Theoretical Analysis with Experimental
Data

Theoretical calculations were made for all of the test
conditions reported in the experimental section, with initial
conditions determined from the experimental data. Some
typical examples of the theorctical variation of the distor-
tion index with average Mach number along the convergent
sections are compared in Fig. 9 with the values obtained
from experimentally measured profile data. These correla-
tions were obtained with the compression surface located
near the beginning of pipe flow; however, all of the theoreti-
cal results are in general agreement with the experimental
data.

Correlations of experimental data from all test conditions
with theoretical values of the minimum throat Mach num-
ber and maximum pressure recovery are presented in Fig.
10. General agreement of theory with cxperimental data is
noted; the scatter is attributed to the aceuracy of the experi-
mental parameters plotted and to the selection of a unique
curve for defining the distortion index (Fig. 4).

Figure 11 shows the effect of duct convergence angle on
diffuser system performance for nominal Mach numbers of
3.5 and 5.0. The theoretical and experimental results show
the same trends and approximate values; the optimum con-
vergence angle was approximately 5°. TFor lower angles
larger friction losses were incurred, and for higher angles the
oblique shock losses were increased. Therefore, it can be
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concluded that, for high Mach number inlets with a region of
pipe flow upstream of the throat, the optimum convergence
angle just upstream of the throat should be approximately
5°.

Application of Theory to Hypersonic Inlet
Performance

Theoretical Calculation of Mach 8 Inlet Performance

The theoretical analysis derived in the preceding sections
can also be employed to compute the approximate perform-
ance of supersonic or hypersonic inlets by simply letting the
initial value of the distortion index be zero, since the flow
upstream of the first shock is the uniform freestream. The
entire calculation procedure is followed without modifica-
tion; however, for the inlet performance presented, throat-
friction and throat-divergence losses were neglected. The
theoretical performance of axisymmetric, external-plus-
internal compression inlets having 5° or 10° compression
surfaces and a design Mach number of 8.0 is presented in
Fig. 12.  Although both inlets would have approximately the
same minimum throat Mach number, the 10° configuration
attained a higher pressure recovery because the long 5° con-
figuration had greater total pressure losses in the convergent
section caused by wall friction.

In the preceding section, it was concluded that the opti-
mum convergence angle in the pipe-flow section of an inlet
is approximately 5°. However, this conclusion does not
apply to the upstream portion, where there is an inviscid
core. Consequently, a third inlet configuration was analyzed
to verify this conclusion. For this configuration the upstream
portion (core-flow region) of the inlet had a 10° convergence
angle, and the downstream portion of the inlet (pipe-flow
region) had a 5° convergence angle. The results of this
calculation are presented in the upper half of Fig. 13 for de-
sign Mach numbers of 5.0, 8.0, and 10. This third configura-
tion produced a higher pressure recovery than an inlet with
either 5° or 10° convergence angle for this range of Mach
numbers. It should be remembered that these results are
from approximate calculations that neglected throat-friction
and divergence losses and subsonic diffusion losses.
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performance.

Calculations were also performed to determine the off-
design performance of the Mach 8.0 inlet with a 10° conver-
gence angle for Mach numbers from 2.0 to 10.0. The results
of this analysis are presented in the lower half of Fig. 13,
along with the design point performance of a 10° inlet for
comparison. For this calculation, the throat area was as-
sumed to vary linearly with centerbody position, and so the
inlet throat area varied from approximately 309, of the cap-
ture area at Mach 2.0 to 4.59 of the capture area at Mach
8.0. Below Mach 8.0, airflow was spilled externally behind
the conical shock. At Mach numbers above 8.0, the inlet
would operate with the conical shock intersecting the cowl
surface to the rear of the cowl lip. The off-design pressure
recovery is less than the design point pressure recovery for
both cases. The performance of a Mach 8.0 inlet operating
at Mach numbers less than 8.0 is less than the design point
performance because the ratio of the wetfed surface area to
the capture area is larger for the Mach 8.0 inlet than it is
for the design point inlets. In addition, the relatively long
compression surface on which boundary layer develops results
in considerable distortion of the flow upstream of the con-
vergent section. The effect of the relatively thick boundary
layer entering the convergent section at off-design Mach
numbers could be reduced by bleeding some of the boundary
layer from the compression surface upstream of interaction
of the shock from the cowl lip. Thus, the flow entering the
convergent section would be more uniform and would have
less distortion than it would without bleed.

The results presented in this paper show that the analysis
developed herein can be employed to determine the perform-
ance of the pipe-flow section of an internal contraction inlet
and to estimate the performance of hypersonic air induction
systems. The results of the theoretical calculations show
that the optimum convergence angle in the pipe-flow section
of an inlet is approximately 5°.
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